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Investigation of a Two-Dimensional Scramjet Inlet, Mm = 8-18
and J0 = 4100 K
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and
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An investigation of a 25-cm span variable geometry two-dimensional scramjet inlet was conducted in the
Rensselaer Polytechnic Institute (RPI) 0.61-m exit diameter nozzle hypersonic shock tunnel. During the tests
the Mach number was varied from 8 to 18 and, for all runs, the stagnation conditions were approximately 5.5
MPa and 4100 K. The tests included surface and pitot pressure measurements of the internal hypersonic flow,
as well as schlieren and air-luminosity photographs for flow visualization. The stagnation conditions were
obtained by operating the helium driven hypersonic shock tunnel in the equilibrium interface mode. Useful test
times of the order of 3-6 ms were obtained by this method. Due to the large Knudsen numbers, low pressure,
and high stagnation temperatures present in the test section, the results indicated a very complex flow structure
in the cowl region.

Nomenclature
A = function of the ratio of specific heats and

wall temperature
a = speed of sound
F.S. = fuselage station measured from model

leading edge
h = specific enthalpy
Kn = Knudsen number, XIt
M = Mach number
N = number of intermolecular

collisions
p = pressure
Re = Reynolds number
T = absolute temperature
t = leading-edge thickness or time
U = gas bulk velocity
V = molecular speed
A = interval
O = collision frequency, MA?
A = mean free path
JJL = viscosity
£ = distance traversed due to the mass motion

of the gas
p = density
X = strong interaction parameter
( )/ = per unit length
( ) p = pitot pressure
()5 = wall or shock conditions
( )«. = freestream conditions
()0 = stagnation conditions
( \ = driven tube initial conditions
() 4 = driver tube initial conditions
( ) 5 = reflected conditions
( )' = equilibrium interface conditions
(~) = mean value
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Introduction

T HE necessity of obtaining experimental data for the de-
velopment of hypersonic air breathing vehicles such as

the national aerospace plane (NASP, Mach = 25 and T0 =
8000 K) and NASP derived vehicles (NDV) cannot be over-
stated.1 Experimental results will provide not only the vali-
dation of the available CFD codes, but also the basic knowl-
edge of the physics of the hypersonic flow phenomena.

The present study is actually a continuation of the authors'
previous investigation2 of the scramjet inlet flow when the
stagnation temperature was kept below 1100 K. The same
scramjet inlet model described in Ref. 2 was tested in the
Mach number range from 8 to 18, and stagnation conditions
of 5.5 MPa and 4100 K. Three additional pressure taps were
installed so that additional pressure information could be ob-
tained at critical stations. Also, in addition to the schlieren
system used in the last investigation, one still camera and a
video camera were included in the experimental setup so that
air-luminosity photographs could be taken.

The tests were conducted in the RPI 0.61-m exit diameter
nozzle hypersonic shock tunnel. The stagnation conditions
were selected so that the real gas effects were present in the
flow. These conditions, namely 5.5 MPa pressure and 4100
K temperature, correspond to the upper limit of the opera-
tional envelope of the facility and they were made possible
through the operation of the shock tunnel in the equilibrium
interface mode. In this mode of operation, higher pressures
and temperatures than the reflected ones are generated after
several shock reflections from the end wall and contact sur-
face.3-4 Useful test times of the order of 3-6 ms were attained
for this particular mode of operation.

The Reynolds number range at the test section for the
conditions stated above was 1.8 x 105 to 1.3 x 104 m"1 and
the freestream Knudsen number varied from 1 to 31. Coin-
cidentally, these conditions are very similar to those present
in the experiments carried out by the senior author when
investigating hypersonic flows over a flat plate.5

For the conditions described above, the results of this in-
vestigation indicated a very complex flow structure in the
tested scramjet inlet.

Experimental Apparatus
RPI Hypersonic Shock Tunnel

The stainless steel driver and driven tubes are 4.6- and
16-m long, respectively, with a constant i.d. of 10.16 cm. In
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all runs, the driven and driver initial pressures were respec-
tively, 3.4 kPa (air) and 13.5 MPa (He) to produce a pressure
ratio of 4000. Prior to loading the driven section, it was evac-
uated, flushed with dry high-purity air, and then pressurized
to the desired final pressure. A 15-deg half-angle reflected-
type conical nozzle6 with an exit diameter of 0.61 m was used
in the study. The flow Mach number in the test section can
be changed simply by selecting the nozzle throat insert. A
scored aluminum diaphragm, at the nozzle entrance, bursts
with the arrival of the incident shock wave and the flow ex-
hausts into a 5.7-m3 pre-evacuated dump tank.

Three pressure transducers, installed upstream of the noz-
zle entrance, were used to trigger the data recording system,
to pulse the schlieren light source, and to record the shock
wave speed and the stagnation pressure history. One ioni-
zation gauge (described in Ref. 6) installed upstream of the
nozzle inlet was used to indicate the presence of the ionized
air at that location. At this same station, a RCA photodiode
detector model C30807E was also used to indicate the du-
ration of the high temperature airflow and the arrival of the
contact surface.3'4 Farther upstream of the nozzle entrance,
two thin platinum heat transfer gauges6 were used for addi-
tional information on the incident and reflected shock wave
velocities, as well as to determine the propagation and spread-
ing of the contact surface.3'4 Two additional photodiodes,
identical to the one described above, were used in the test
section so that information on the start, duration, and end of
the hot airflow past the model could be obtained. Figure 1
shows a schematic view of the relative location of the above-
described instrumentation. In this figure, only the end part
of the tunnel, including the nozzle and test section, is illus-
trated.

A second facility, a 18-m long 10.16-cm i.d. low-pressure
shock tube is used to calibrate the pressure transducers in-
stalled in the model. A detailed description of the RPI hy-
personic shock tunnel and shock tube is presented in Ref. 4.

Two-Dimensional Scramjet Inlet Model
In order to investigate the complex hypersonic flow in the

scramjet, a 25-cm span, variable geometry two-dimensional
scram jet inlet model was designed, built, and tested in the
shock tunnel. Basically, it consists of two parallel wedges, the
top one being adjustable vertically and horizontally. A sche-
matic drawing of the model top and side views are shown in
Fig. 2. According to this figure, surface pressure measure-
ments are made along the model centerline at 11 different
F.S.s. Four of them are located in the inlet ramp, three in
the centerbody and the last four in the cowl. Relative distances
of the pressure taps with respect to the model leading edge
are also indicated in Fig. 2.

Pitot pressure measurements are made at two different F.S.s
(Fig. 2). One of them is located at the inlet ramp leading-
edge station. The second one is located near the cowl trailing
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Fig. 1 Schematic view of the hypersonic shock tunnel instrumented
section.

SIDE VIEW

Fig. 2 Features of the scramjet inlet model tested.

edge. At this last station through the use of a three-probe
rake, pitot pressure measurements are made simultaneously
at three different heights from the centerbody surface.

The scramjet inlet model is mounted on two struts sup-
ported by a cart. The cart can be moved horizontally to prop-
erly position the model relatively to the nozzle exit. Electrical
leads from the pressure gauges mounted in the model are
brought out by means of a vacuum feed-through and con-
nected to the data acquisition system.

Instrumentation
All pressures, both in the model and in the shock tunnel,

are measured by piezoelectric pressure transducers. Prior to
installation, the pressure transducers were dynamically cali-
brated in the low-pressure shock tube described previously.
The gauges output, after amplification, are fed into a Tek-
tronics Testlab 2520 data acquisition system and a Nicolet
model 4094C digital oscilloscope.

Optical investigation of the flow over the model is made
possible through the thick optically selected plate glass win-
dows. A single pass schlieren arrangement was used to obtain
the photographic records of the shock waves and the boundary
layers whenever the flow conditions (density) permitted. The
schlieren system uses a commercial spark gap as a light source.
A convenient delay between the main trigger signal and light
source is generated by a time delay generator. The purpose
of the delay is to allow sufficient time for the flow establish-
ment in the nozzle and over the model. Such delay time was
experimentally found to be of the order of 3.5 ms.

Due to the high enthalpy stagnation conditions (6.5 MJ/
kg), air becomes luminous over the model surfaces. Air lu-
minosity photographs were taken simultaneously with the
schlieren photographs through the use of a Cannon 35-mm
still camera and a Sony 8-mm video camera. Some of the
images obtained in this manner show very interesting infor-
mation about the flow past the ramp inlet and the cowl region.
Very often shock waves and boundary layers contours could
be seen in the photographs obtained in this fashion even though
they are a type of time-integrated photograph.7 A schematic
view of the optical recording set up can be seen in Fig. 1.

Test Conditions
As stated previously, the stagnation conditions used in this

investigation are those obtained through the operation of the
shock tunnel in the equilibrium interface mode.3'4 Typical



MINUCCI AND NAGAMATSU: INVESTIGATION OF A 2-D SCRAMJET INLET 141

shock-tube conditions are given in Table 1 and pressure and
photodiode traces are shown in Fig. 3.

All values presented in Table 1 are experimentally deter-
mined with the exception of the reflected temperature T5 and
the equilibrium interface temperature T's. The reflected tem-
perature is calculated as described in Refs. 3 and 4. On the
other hand, T's is calculated assuming an isentropic compres-
sion of the gas from the reflected conditions P5 and T5 to the
equilibrium interface conditions Ps and Ts.3'4

Values of relevant freestream flow parameters for selected
shock-tunnel runs are presented in Table 2. The parameters
given in this table assume reservoir conditions of 5.5 MPa
and 4100 K which did not vary more than 5% from test to
test. Most of the freestream flow properties listed in Table 2
were computed assuming an equilibrium expansion of the air
in the nozzle. The validity of this assumption is based on
previous results obtained during the nozzle calibration carried
out by the senior author 8~10 under similar stagnation condi-
tions (P0 = 3.5 MPa, T0 = 4000 K).

The NOZZLEFLOW code4 uses as inputs the reservoir
conditions P0 and T0, and the reference pitot pressure mea-

P4= 13.5 MPa (He)
T4= 300 K
Pi= 3.4 KPa (air)

TIME
Fig. 3 Pressures and light emission measured during a real gas shock-
tunnel run at the RPI facility.

Table 1 Typical shock-tube parameters

Driver

Driven

Shock Mach number, Ms
Reflected pressure, p5
Reflected temperature, T5
Reservoir pressure, p'5
Reservoir temperature, Ts
Reservoir enthalpy, hs
Test time

Parameter
Length
Gas
Pressure, p4
Temperature, T4

Length
Gas
Pressure, p^
Temperature, Tl

Value
4.6 m
Helium
13.5 MPa
300 K

16m
Air
3.4 KPa
300 K

5.8
1.0 MPa
3300 K
5.5 MPa
4120 K
6.5 MJ/kg
3-6 ms

Table 2 Freestream conditions

Mx

8.0
10.0
12.0
15.0
18.0

Tx, K
447.0
296.0
208.0
135.0
94.3

Poo, Pa
157.0
37.0
11.0
2.4
0.68

tf/ioo
1.11
2.80
6.10

15.0
31.0

Re^j, m'1

1.7 x 105

8.3 x 104

4.6 x 104

2.3 x 104

1.4 x 104

sured at the exit of the nozzle. The flow is assumed to be in
equilibrium and real gas effects of air are introduced by the
routines described in Ref. 11.

Results and Discussion
As seen in Table 2, the Knudsen number based on the

leading-edge thickness varies from 1 to 31, and very low Rey-
nolds numbers are present for all tests. Figure 4 shows the
variation of the mentioned parameters and additional ones as
functions of the freestream Mach number.

The large Knudsen number variation indicates the large
variation of flow regimes tested. These regimes range from
small to very strong slip-flow effects due to the near free
molecular flow experienced by the model at high Mach num-
bers. As first observed by Nagamatsu and Sheer5 at high
Knudsen numbers, the shock wave and the boundary-layer
formation are delayed in forming at the very leading edge of
the model. The region that preceeds the shock wave bound-
ary-layer formation is known as a slip region. The slip region,
as demonstrated by Nagamatsu and Sheer,5'12 will increase
linearly with the Mach number. Therefore, quite large slip
distances can be expected at the highest Mach number tested,
namely 18. As a matter of fact, the distance £«, traversed due
to the mass motion of the gas for N intermolecular collisions
can be found as follows: If A* is the time required for TV
intermolecular collisions, and U^ is the bulk velocity of the
gas one can write

^ = U^t (1)

On the other hand, the freestream Mach number is defined
as

Combining Eqs. (1) and (2) results in

*•„ = a^M^M

Since the mean molecular speed is given by

(2)

(3)

V = 0A» (4)

where 0 = N/At, one finally obtains from Eqs. (3) and (4)

foe = (aJV^NMJ^n = NM^X^ (5)

As a consequence, the distance traveled by the molecules
for one collision (N = 1) for the conditions present in the
Mach 18 run will be 37 mm. Another important consequence

Fig. 4 Variation of the freestream parameters with the flow Mach
number.
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of this result is that the slip region over the inlet ramp will
be considerably large and will strongly affect the flow in the
cowl region.

By assuming the freestream viscosity to be a linear function
of the temperature, the mean free path can be determined
as13

A. = /iJ(0.499pOBKB) (6)

Therefore, the freestream Reynolds number based on the
leading-edge thickness can be written in terms of Kn^ as fol-
lows:

R6oo = (UJV00)(t/QA99\oa) = (l/QA99)(MJKnQO) (7)

Therefore, as an important result the very large Knudsen
numbers will indeed indicate a low Reynolds number flow.
This result is confirmed by the values presented in Table 2
and in Fig. 4. The strength of the effects of the highly viscous
flow over the model can be analyzed through the theory de-
veloped and experimentally verified by Nagamatsu and his
associates.14 According to this theory, for hypersonic Mach
numbers, there is a region of noncontinuum flow (slip region,
as discussed earlier) at the leading edge of a sharp flat plate.
Such a region is followed by the formation of the shock wave
and the viscous layer which are initially merged. This merged
region is usually called the strong interaction region and is
characterized by the freestream-based strong interaction pa-
rameter given by15

Xao = (MM)3Re-m. (8)

Downstream of this region, shock wave and boundary layer
are separated by an inviscid layer and it is referred to as the
"weak" interation region by Lees.16

Although the strong interaction region affects many flow
parameters, the main objective of the present study is the
measurements of the surface and pitot pressures. Therefore,
only the viscous effects on the pressure will be considered.

To determine the effects of noninsulated flat plate on the
hypersonic viscous interaction phenomena, Li and Nagamatsu15

obtained the similar solutions of the compressible laminar
boundary-layer equations and found that the hypersonic strong
interaction with the surface pressure varying as ps/px ~ ^~1/2

was a special case of the similar solution. As a result, Li and
Nagamatsu17 determined that the strong interaction effect on
the pressure distribution on a flat plat is characterized by the
following expression:

where A is a function of the ratio of specific heats and the
wall temperature ratio TS/T0 and its value can be found in
Ref. 17. Equation (9) indicates that for the low Reynolds
numbers present in the tests listed in Table 2 and Fig. 4, and
mainly at the high Mach numbers, high pressures can be ex-
pected in the strong interaction region.

Another factor that will strongly influence the scram jet inlet
flow is the flow chemistry itself. Due to the very low densities
and high temperatures generated inside the viscous layer and
behind the shock waves, the flow is not in equilibrium. Based
on Nagamatu and Sheer's detailed boundary-layer profile sur-
veys carried out on the low enthalpy hypersonic laminar
boundary-layer on a 10-deg cone,18'19 peak temperature can
be expected to occur at about 20% of the boundary-layer
thickness for a freestream Mach number of 14. At that lo-
cation, the viscous flow moves at approximately 10% of the
freestream Mach number and 40% of the freestream velocity.
Additionally, the density is only 5% of the freestream value.
Regardless of the fact that the surveys were conducted for
stagnation temperatures of only 1400 K, this discussion in-
dicates that the conditions for a nonequilibrium or frozen flow

may exist in the present tests. Namely, the high speed (-1400
m/s), the high temperature (—4000 K) and the very low den-
sity could cause the flow to be either in local nonequilibrium
or in a frozen state. Either one of the two situations will
deviate the inlet pressure distribution from the one obtained
by assuming equilibrium. Interestingly enough, current ap-
proaches to the NASP configuration20 indicate that although
bow shock waves are avoided, the slender compression inlet
ramp will have to "live" with high temperature viscous layers.
As a consequence, at high altitudes the same nonequilibrium/
frozen effects discussed above may, likewise, be present. After
the preceeding discussion on the factors influencing the scram jet
inlet flow, a discussion of the results will be made.

Figure 5 shows schlieren photographs of the flow past the
inlet ramp a) and past the centerbody b) at a flow Mach
number of 8. Schlieren photographs of the flow Mach numbers
of 10.0 and 12.0 were also obtained. However, they could not
be reproduced due to their poor reproducibility. Due to the
very low densities existing in the tests involving higher Mach
numbers (15 and 18) no schlieren photographs were obtained.
In Fig. 5a, the merged shock wave boundary-layer region is
quite visible at the leading edge of the ramp (right side of the
photograph). At Mach numbers 10 and 12, the very beginning
of the shock wave was observed to be missing. Such a result
is a consequence of the high Knudsen numbers causing a slip-
flow region to exist at the leading edge. In Fig. 5b it is possible
to observe the complex flow structure caused by the cowl
shock wave ramp boundary-layer interaction. This flow struc-
ture was also present in the photographs obtained for the
Mach 10 and 12 tests. Figure 6 shows a schematic of the flow
pattern observed in Fig. 5b and at all flow Mach numbers
investigated.

Figures 7 and 8 show air-luminosity photographs obtained
at freestream Mach numbers of 12 and 15, respectively. In
these figures it is possible to see the glowing boundary layer
adjacent to the model surfaces. It is interesting to note that
as the flow Mach number increases, the light intensity de-
creases. This observation is caused by the decrease in the
freestream density. The background luminosity, as seen in
Fig. 7, is caused by the stagnation region created at the end
of the test section where the hypersonic flow comes to a dead

Fig. 5 Schlieren photographs of the Mach 8.0 flow a) past the ramp
and b) in the cowl region (airflow is from right to left).

SHOCK IMPINGEMENT MECHANISM

CENTER BODY SURFACE

Fig. 6 Schematic of the shock wave boundary-layer interaction mech-
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Fig. 7 Air-luminosity photograph of the Mach 12.0 flow over the
scramjet inlet (airflow is from right to left).

Fig. 8 Air-luminosity photograph of the Mach 15.0 flow over the
scramjet inlet (airflow is from right to left).
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Fig. 10 Surface static pressures along the ramp centerbody centerline
for the flow Mach numbers of 12.0, 15.0, and 18.0.

15.0

0.0
175 200 225

Centerline Distance (mm)

Fig. 11 Surface static pressures along the cowl centerline for the flow
Mach numbers of 8.0 and 10.0.
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Fig. 9 Surface static pressures along the ramp centerbody centerline
for the flow Mach numbers of 8.0 and 10.0.
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Fig. 12 Surface static pressures along the cowl centerline for the flow
Mach numbers of 12.0, 15.0, and 18.0.

stop. Such luminosity is picked up by the wide-angle photo-
diode as shown in Fig. 4.

Figures 9-14 show the pressure measurements taken during
the inlet tests. Multiple experimental points at the same F.S.
represent results of separate shock-tunnel runs. The surface
static pressure distributions along the ramp centerbody cen-
terline are shown in Figs. 9 and 10. In these figures the cen-
terline pressure ps was nondimensionalized by the freestream
pitot pressure ppoo. In this way, the results presented contain

only experimentally measured quantities. At Mach number 8
the pressure seems to increase close to the leading edge and
then decreases at the end of the ramp. Due to the existence
of an expansion (end of ramp and beginning of the center-
body) the pressure decreases at the entrance to the center-
body. As a consequence of cowl shock wave boundary-layer
interactions, Figs. 5b and 6, the pressure increases in the aft
portion of the duct. Except for the small pressure increase at
the leading edge, this was the same trend observed when the
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Pitot Pressure Ratio PP/PP,oo at F.S. 247.7

Fig. 13 Pitot pressure distributions at F.S. 247.7 for the flow Mach
numbers of 8.0 and 10.0.
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Fig. 14 Pitot pressure distributions at F.S. 247.7 for the flow Mach
numbers of 12.0, 15.0, and 18.0.

stagnation temperature was lower (820 K) and the Knudsen
number smaller (0.10).2

When the freestream Mach number is increased to 10,
everything remains the same as for Mach 8, but the pressure
does not decrease at the beginning of the centerbody. Some-
how the internal flow does not "see" the turning at the end
of the ramp. This is probably due to the growth of the sep-
aration region caused by the cowl shock wave impingement
on the boundary layer (Figs. 5b and 6). In both cases (Mach
numbers 8 and 10), the gradual increase in pressure at the
ramp leading edge, instead of a sharp rise, as predicted by
the strong interaction theory, can be explained on basis of
the existence of a slip-flow region. At flow Mach number of
12, the surface pressure increases along the ramp centerline,
followed by a steeper increase along the centerbody center-
line. This last increase takes place only up to about half of
the centerbody length. The second half of that region expe-
riences a drop in pressure. An explanation for such pressure
drop could be due to effects associated with the flow chemistry
such as a sudden freezing. Air-luminosity photographs indi-
cate the existence of very high temperatures in that region.

For a flow Mach number of 15, the surface pressure remains
quite constant at the beginning of the ramp; after that, it
continuously increases until a certain point inside the cowl
region where it remains constant.

At the highest Mach number tested, namely 18, the pressure
readings obtained at the two first pressure stations (close to
the leading edge) show pressures very close to the freestream
one (0.65 Pa). That is due to the very large freestream Knud-
sen number present which is 31. The two subsequent pressure
readings along the centerline indicate a pressure increase at

the end of the ramp. The first pressure station in the center-
body indicates about the same pressure as that in the previous
region. The remaining two pressure stations show a very large
drop in static surface pressure.

As a general trend, the peak pressure inside the cowl region
seems to increase with the increasing flow Mach number. Such
a trend was also observed for the scramjet inlet tests per-
formed at low stagnation temperatures (777-1094 K) and
smaller Knudsen numbers (0.10-0.92).2 However, the de-
crease in the centerbody surface pressure observed in the
present tests was never observed in the above-mentioned ex-
periments.

Figures 11 and 12 show the variation of the cowl centerline
surface pressures ps. In a similar way as the two last figures,
the surface pressures were made nondimensional by dividing
them by the reference pitot pressure reading. At Mach num-
bers of 8 and 10, the trend is very similar to that observed in
the low enthalpy runs.2 For the higher Mach number cases
though, the trend seems to be different. The peak surface
pressures did not exist near the cowl leading edge. They seem
to have been displaced towards the cowl trailing edge. This
is a completely different behavior than that observed in the
low stagnation temperature cases.2 On the other hand, no
matter where the high pressure location is, its value seems to
increase with the increasing freestream Mach number.

Finally, the pitot pressure/^ distributions in the cowl region
F.S. 247.7 are shown in Figs. 13 and 14. Again in these figures,
the local pitot pressure was nondimensionalized by the free-
stream value. As a general rule, the pitot pressure decreases
with the increasing flow Mach number. However the pitot
pressure survey for Mach 18 shows much higher pressures
than that for Mach 15. A similar feature was observed for the
low enthalpy tests2 when pitot pressures measured at the same
location indicated a higher value for Mach 25 than for Mach
19. In these runs, schlieren photographs taken of the flow
inside the cowl, for both Mach numbers, indicated that at
Mach number 25 the duct was "cleared" due to a "smearing"
of the shock waves and low densities. In the present inves-
tigation, the authors were not able to obtain schlieren pho-
tographs of the cowl flow at M^ = 18, but they believe the
above to be also the explanation for the discussed observation.

Conclusions
An investigation of the internal flow in a two-dimensional

variable geometry scramjet inlet was performed using the RPI
0.61-m diam hypersonic shock tunnel. The stagnation con-
ditions investigated were 4100 K and 5.5 MPa with a corre-
sponding stagnation enthalpy of 6.5 MJ/Kg. The selected
freestream Mach numbers were 8, 10, 12, 15, and 18 corre-
sponding to freestream Reynolds numbers of 1.8 x 105-1.3
x 104 m"1 range, and freestream Knudsen numbers in the
1-31 range.

Surface and pitot pressure measurements, along with schlie-
ren and air-luminosity photographs, were made for the de-
scribed flow conditions. The measurements indicate very com-
plex flow structure due to the impingement of the cowl shock
wave on the inlet ramp boundary layer. Also, the surface
pressure measurements made near the ramp leading edge,
indicate slip-flow effects due to the very large Knudsen num-
bers. Decreases in the high pressure centerbody region seem
to indicate a possible local nonequilibrium or sudden freezing
in the flow.

Pitot pressure measurements indicate high viscous losses in
the cowl passage. An interesting observation is the higher
pitot pressures existing in the duct region at Mach 18 than
those measured at Mach 15. This is believed to be caused by
the smearing of the shock waves and low densities existing in
the duct.

Acknowledgments
The authors wish to acknowledge Watervliet Arsenal, Tek-

tronics, Inc., PCB Piezotronics, and RCA—General Electric



MINUCCI AND NAGAMATSU: INVESTIGATION OF A 2-D SCRAMJET INLET 145

for their technical support and donations. The authors also
express their gratitude to L. N. Myrabo, R. Jones, F. Tesman,
and C. Vannier for their effort to make this investigation
possible. Finally, M. A. S. Minucci wishes to thank the Bra-
zilian Air Force for supporting his Doctoral Program at the
Rensselaer Polytechnic Institute.

References
'Gregory, T. J. "Credibility of NASP," Aerospace America, Vol.

27, No. 9, 1989, pp. 42-46.
2Minucci, M. A. S., and Nagamatsu, H. T., "Experimental Study

of a Two-Dimensional Scram jet Inlet, Mx = 10.1-25.1," Journal of
Propulsion and Power, Vol. 8, No. 3, 1992, pp. 680-686.

3Minucci, M. A. S., and Nagamatsu, H. T., "An Investigation of
Hypersonic Shock Tunnel Testing at an Equilibrium Interface Con-
dition of 4,100 K: Theory and Experiment," AIAA Paper 91-1707,
Honolulu, HI, June 1991.

4Minucci, M. A. S., "An Experimental Investigation of a 2-D
Scramjet Inlet at Flow Mach Numbers of 8 to 25 and Stagnation
Temperatures of 800 to 4,100 K," Ph.D. Dissertation, Rensselaer
Polytechnic Inst., Troy, NY, Aug. 1991.

5Nagamatsu, H. T., Geiger, R. E., and Sheer, R. E., Jr., "Hy-
personic Shock Tunnel," American Rocket Society Journal, Vol. 29,
No. 9, 1959, pp. 332-340.

6Nagamatsu, H. T., Sheer, Ft. E., Jr., and Schimid, J. R., "High
Temperature Rarefied Hypersonic Flow over a Flat Plate," American
Rocket Society Journal, Vol. 31, No. 7, 1961, pp. 902-910.

7Bloxom, D. E., Jr., "Supersonic Aerodynamic Experiments Using
Very High Temperature Air Wind Tunnels," Journal of Jet Propul-
sion, Vol. 28, No. 9, 1958, pp. 603-609.

8Nagamatsu, H. T., Geiger, R. E., and Sheer, R. E., Jr., "Real
Gas Effects in Flow over Blunt Bodies at Hypersonic Speeds," Jour-
nal of the Aerospace Sciences, Vol. 27, No. 4, 1960, pp. 241-251.

9Nagamatsu, H. T., Workman, J. B., and Sheer, R. E., Jr., Hy-
personic Nozzle Expansion of Air with Atom Recombination Pres-

ent," Journal of the Aerospace Sciences, Vol. 28, No. 11, 1961, pp.
833-837.

10Nagamatsu, H. T., and Sheer, R. E., Jr., "Vibrational Relaxation
and Recombination of Nitrogen and Air in Hypersonic Nozzle Flows,"
AIAA Journal, Vol. 3, No. 1, 1960, pp. 1386-1391.

nTannehill, J. C., and Mugge, P. H., "Improved Curve Fits for
the Thermodynamic Properties of Equilibrium Air Suitable for Nu-
merical Computation Using Time-Dependent or Shock-Capturing
Methods," NASA CR-2470, Oct. 1974.

12Nagamatsu, H. T., and Li, T. Y., "Hypersonic Flow Near the
Leading Edge of a Flat Plate," Physics of Fluids Journal, Vol. 3, No.
1, 1960, pp. 140-144.

13Kennard, E. H., Kinetic Theory of Gases, McGraw-Hill, New
York, 1938.

14Li, T. Y., and Nagamatsu, H. T., "Shock-Wave Effects on the
Laminar Skin Friction of an Insulated Flat Plate at Hypersonic Speeds,"
Journal of the Aeronautical Sciences, Vol. 20, No. 5, 1953, pp. 345-
355.

15Li, T. Y., and Nagamatsu, H. T., "Similar Solutions of Com-
pressible Boundary Layer Equations," Journal of the Aeronautical
Sciences, Vol. 22, No. 9, 1955, pp. 607-616.

16Lees, L., "On Boundary Layer Equations in Hypersonic Flow
and Their Approximate Solutions," Journal of the Aeronautical Sci-
ences, Vol. 20, No. 2, 1953, p. 143.

17Li, T. Y., and Nagamatsu, H. T., "Hypersonic Viscous Flow on
Noninsulated Flat Plate," Proceedings of the Fourth Midwestern Con-
ference on Fluid Mechanics, Purdue Engineering Research Series,
Purdiie Univ., No. 128, Lafayette, IN, 1955, pp. 273-287.

18Nagamatsu, H. T., and Sheer, R. E., Jr., "Hypersonic Laminar
Boundary-Layer Transition on 8-Foot Long, 10° Cone, Ml = 9.1-
16," AIAA Journal, Vol. 5, No. 7, 1967, pp. 1245-1251.

19Nagamatsu, H. T., and Sheer, R. E., Jr., "Critical Layer Concept
Relative to Hypersonic Boundary Layer Stability," AIAA Paper 85-
0303, Reno, NV, Jan. 1985.

20Anderson, J. D., Jr., Hypersonic and High Temperature Gas
Dynamics, McGraw-Hill, New York, 1988, pp. 7-11.

Journal of Guidance, Control, and Dynamics
Radar Effect on Single Microprocessor Navigation
G7934
Tanya Johnson, Ph.D.
WordStar 2.0 / PC

SAVE TIME
SUBMIT YOUR
MANUSCRIPT DISKS

All authors of
journal papers
prepared with a
word-processing
program are re-
quired to submit
a computer disk
along with their

final manuscript. AIAA now has equipment that can convert vir-
tually any disk (31/2-, 51/4-, or 8-inch) directly to type, thus avoiding
rekeyboarding and subsequent introduction of errors.

Please retain the disk until the review process has been completed
and final revisions have been incorporated in your paper. Then
send the Associate Editor all of the following:

• Your final version of the double-spaced hard copy.
• Original artwork.
• A copy of the revised disk (with software identified).

Retain the original disk.
If your revised paper is accepted for publication, the Associate
Editor will send the entire package just described to the AIAA
Editorial Department for copy editing and production.

Please note that your paper may be typeset in the traditional
manner if problems arise during the conversion. A problem may
be caused, for instance, by using a "program within a program"
(e.g., special mathematical enhancements to word-process-
ing programs). That potential problem may be avoided if you
specifically identify the enhancement and the word-process-
ing program.

The following are examples of easily converted software
programs:

• PC or Macintosh TEX and LATEX
• PC or Macintosh Microsoft Word
• PC WordStar Professional
• PC or Macintosh FrameMaker

If you have any questions or need further information on disk
conversion, please telephone:
Richard Gaskin
AIAA R&D Manager
202/646-7496 •̂

American Institute of
Aeronautics and Astronautics


